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Abstract 

This paper presents SATEBAL, a CubeSat mission designed to demonstrate a semi-passive orbital 

attitude stabilization and deorbiting strategy integrating a controllable deployment mechanism. The 

system consists of two main phases: passive attitude control using deployable booms with tip masses 

and accelerated orbital decay via a deployable drag sail. In the first phase, the CubeSat's mass 

distribution on the booms is adaptively tuned to passively stabilize its orientation under gravity 

gradient torque by optimizing the principal moments of inertia. A FreeRTOS-based OBDH system 

enables precise real-time coordination of control tasks. In the second phase, a cross-shaped Mylar sail 

is deployed to enhance atmospheric drag, ensuring the satellite reenters within 70 days, as verified by 

STK simulations. Aerodynamic modeling, using Free Molecular Flow and Response Surface 

Methodology, validates drag coefficients under varying flow conditions. A hybrid ADCS combining 

passive and magnetorquer-based active control is proposed, with Lyapunov-based stability guarantees 

under external disturbances. Structural and thermal analyses confirm mission viability. This mission 

provides a compact, energy-efficient platform for attitude control and post-mission disposal, 

supporting future CubeSat designs aiming for agility and sustainability in low Earth orbit operations. 

1. Mission concept and objectives  

SATEBAL is a CubeSat mission that demonstrates passive deorbiting using a deployable drag 

sail and boom-based attitude control. SATEBAL includes two parts of the mission, which is shown 

in Figure 1. At first, upon reaching orbit, the CubeSat extends four lightweight booms with tip masses, 

allowing it to passively align using gravity gradient torque by adjusting its inertia distribution. This 

energy-efficient method enables the satellite to achieve and maintain a desired attitude without relying 

on continuous active control. After the phase one mission is completed, part 2 mission will begin. A 

deployable drag sail is released to increase the satellite’s cross-sectional area, enhancing interaction 

with the rarefied upper atmosphere. The mission validates aerodynamic drag coefficients in rarefied 

flow and showcases a hybrid ADCS approach, supporting future small satellite missions with energy-

efficient stabilization and compliant space debris mitigation. 
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Figure 1 The mission concept of SATEBAL 

In part 1 mission, attitude stabilization is a fundamental requirement for satellite operations. 

Over the decades, passive attitude stabilization systems have been widely adopted in low earth orbit 

satellites due to their simplicity, reliability, and low power consumption. Among the various passive 

stabilization strategies, gravity gradient torque (Fischell & Mobley, 1964), aerodynamic torque (Bak 

& Wisniewski, 1997; Kumar et al., 1995), and geomagnetic torque (Fiorillo et al., 2010) are 

commonly utilized for attitude stabilization. These environmental torques enable attitude stabilization 

in low earth orbit without relying on active control, providing an efficient and robust solution for 

maintaining the desired orientation (Psiaki, 2004). While this approach is energy-efficient and offers 

a long operational lifespan, it often falls short in providing the agility needed for flexible or rapid 

attitude adjustments.  

To overcome these limitations, hybrid stabilization strategies that combine passive elements with 

deployable mechanisms and active control have been proposed. This deployable attitude stabilization 

system is a novel configuration consisting of four extendable rods, each equipped with a tip mass. By 

adjusting the length of these rods, the overall mass distribution of the satellite can be changed, thereby 

modifying the principal moments of inertia. By modulating the inertia tensor, the system can achieve 

various equilibrium orientations when subjected to gravity gradient torque. In particular, the satellite 

can be passively guided toward a desired attitude equilibrium by tuning the inertia distribution such 

that the gravity gradient torque naturally drives the system to a target configuration. By taking 

advantage of naturally occurring environmental torques, this strategy allows for equilibrium 

modulation without necessitating continuous actuation. 

The deployable attitude stabilization mechanism is governed by an optimization process, as 

illustrated in Figure 2. The procedure begins with determining the desired satellite attitude based on 

mission requirements, such as nadir pointing or alignment with the sun vector. Using the nadir and 

orbital normal vectors, a target attitude matrix is constructed, from which a desired set of principal 

axes (eigenvectors) is derived. To achieve this desired configuration, a constrained optimization 

problem is formulated to compute the appropriate lengths of the four deployable rods, each with a tip 
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mass. The objective is to modify the satellite’s inertia matrix so that it aligns with the target 

eigenvectors, ensuring passive convergence under gravity gradient torque. Once the optimal rod 

lengths are obtained, they are transmitted to the satellite via the TT&C subsystem, enabling the 

adjustment of the satellite's physical configuration in orbit. 

To support this deployable mechanism, a hybrid attitude determination and feedback control 

system is implemented, as shown in Figure 3. The close loop system comprises an attitude and 

heading reference system (AHRS) and sensors for real-time state estimation, a controller that 

generates control torque command, and magnetorquers serving as actuators. This closed-loop 

architecture allows the system to respond to external disturbances and maintain precise pointing. 

When deviations from the desired attitude occur, the controller engages the magnetorquers to apply 

corrective torques, while the passive deployable system gradually steers the satellite toward a new 

equilibrium by modulating the inertia distribution. This hybrid approach provides both energy-

efficient long-term stabilization and the agility required for mission-specific pointing requirements. 

 
Figure 2 Illustration of the workflow to determine the command of the deployment system. 

 

Figure 3 The block diagram of the satellite close loop control. 
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In part 2 mission, SATEBAL draws inspiration from notable solar and drag sail missions such 

as LightSail 2 (Spencer et al., 2021) and NASA's Advanced Composite Solar Sail System (ACS3) 

(Wilkie, 2021), both of which demonstrated the feasibility of deploying large, lightweight surfaces in 

space to manipulate orbital dynamics. While LightSail 2 achieved controlled orbit raising via solar 

radiation pressure, the SATEBAL mission focuses on accelerating orbital decay for deorbiting 

purposes. The self-deployable drag sail enables SATEBAL to serve as a technology demonstrator for 

passive deorbiting strategies, aligning with international guidelines for space debris mitigation such 

as those recommended by the Inter-Agency Space Debris Coordination Committee (Yakovlev, 2005). 

By ensuring that the spacecraft reenters Earth’s atmosphere within an acceptable post-mission 

timeframe, the drag sail reduces the risk of contributing to the growing problem of orbital debris. 

SATEBAL demonstrates the integration of deployable structures with attitude control and deploy 

the drag sail to deorbit. A key innovation of the mission is the automated system that combines a 

variable-size drag sail with a boom-based attitude control mechanism. This configuration allows the 

satellite to adjust its aerodynamic cross-section and orientation in real time, improving the 

effectiveness and precision of the deorbiting process. The system enhances control during orbital 

decay by coordinating aerodynamic forces with passive stabilization. The integration of deployable 

elements with attitude control also serves as a foundation for more advanced hybrid systems that 

combine environmental torques with shape-adaptive configurations for future agile satellite missions. 

The following sections provide a detailed overview of the mission’s key parameters and orbital 

analysis, including altitude selection, expected decay behavior, and aerodynamic modeling. Each 

subsystem—attitude determination and control, power, communications, structure, and thermal 

design—is then examined to assess the integration, functionality, and overall performance of the 

satellite in achieving its mission objectives. 

2. Mission Requirements 

Phase Requirement content 

Phase 0: Satellite Deployment 

REQ.1 SATEBAL shall start to collect housekeeping data and broadcast Beacon 

automatically after 30 minutes from the deployment from the deployer, and also 

deploy UHF/VHF antennas. 

Phase 1: Initial Commissioning 

REQ.2 Functionality of OBC shall be fully checked, and make sure the normal data 

read/write/delete functionality. 

REQ.3 Overall system functionality shall be checked for normal performance. 

Phase 2: ADCS Operation 

REQ.4 SATEBAL shall be detumbled and controlled to desired attitude via the ground 

command.  

Attitude Velocity: 𝜔 ≤ 5°/𝑠 

REQ.5 Make sure the side panels are deployed normally. 
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REQ.6 SATEBAL shall be stabilized in desired attitude after side panels deployment. 

Pointing Error: 𝑒 ≤ 1° 

Phase 3: Payload Camera Commissioning 

REQ.7 The Cameras shall be checked for image acquisition and downloading 

Phase 4: Payload Deployed Sail Demonstration 

REQ.8 The sail shall be deployed from the SATEBAL. 

REQ.9 SATEBAL’s attitude shall be stabilized during the sail deployment. 

REQ.10 Images of the deployed sail shall be captured and downloaded. Its deployment 

shall be quantified. 

REQ.11 The position data shall be accurately obtained and downloaded as SATEBAL 

decays and re-enters. 

REQ.12 Aerodynamic characteristics of deployed sail, derived from the position and 

velocity data, shall be recorded and downloaded. 

End: End of Lifetime 

REQ.13 SATEBAL shall terminate signal broadcast on all frequency spectrum, if the 

mission is more than 5 years. 

* REQ: Requirement 

 

3. Key parameters of mission 

3.1 Payload- Deployed sail and Deployable mechanism 

This project introduces SATEBAL, a CubeSat mission developed to demonstrate an efficient, 

compact deorbiting mechanism based on aerodynamic drag enhancement. In response to the 

increasing threat of orbital debris, SATEBAL aims to provide a cost-effective and lightweight solution 

that passively accelerates orbital decay at the end of a CubeSat’s operational life. The payload 

integrates a deployable drag sail system fully stowed within a standard 1U volume, allowing seamless 

integration with existing CubeSat buses. Upon command, the sail deploys to dramatically increase 

the satellite's surface area exposed to atmospheric particles in low Earth orbit (LEO), thereby 

enhancing drag and expediting atmospheric re-entry. This passive approach supports compliance with 

space debris mitigation guidelines, contributing to sustainable and responsible orbital operations. 

3.1.1 Deployable Sail and Structural Layout 
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Figure 4 

Schematic of single solar sail deployment 

Figure 5 

Full-array deployment of the solar sail system 

 

At the core of the deorbiting system is a cross-shaped sail assembly, consisting of four ultra-thin 

triangular Mylar sails, each just 4.6 μm thick. These sails are symmetrically arranged to span an 

effective 1-meter side length, achieving a total deployed area of 1 square meter. Each triangular sail 

is anchored at its base to the satellite body and tensioned outward by a corresponding composite boom, 

allowing for even force distribution and balanced aerodynamic response. The design draws direct 

inspiration from the LightSail 2 (The Planetary Society, 2019) and ACS3 (Wilkie et al., 2021) 

missions, but has been optimized for tighter volume constraints and better structural stability during 

and after deployment. 

Mylar was selected as the sail material due to its outstanding characteristics: 

1. Lightweight and low volume, ideal for CubeSat payload restrictions 

2. High tensile strength and tear resistance, ensuring reliable unfolding 

3. Radiation and thermal resistance, supporting durability in LEO 

4. Flight-proven heritage in solar sails, thermal insulation, and sounding balloon envelopes 

These properties ensure that the sails can be densely folded, stowed, and redeployed without 

significant degradation over time or through multiple thermal cycles in space. 

 

3.1.2 Four-Boom Controlled Deployment System 
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Figure 5 Payload structure Figure 7 Top view of payload structure 

Sail deployment is achieved through a four-boom controlled extension mechanism, where each 

sail edge is independently tensioned by its own boom. The booms are made of C-shaped laminated 

carbon fiber composites, performed using prepreg layups and cured for high stiffness-to-weight 

performance. These booms are coiled in a preloaded state and stowed within the CubeSat body. Upon 

deployment, each boom is gradually unspooled to pull its corresponding sail outward, forming the 

complete cross-sail geometry. 

To ensure controlled and reliable deployment, a motor-actuated mechanism governs the 

extension of each boom. While the composite booms possess natural strain energy for self-expansion, 

motors are used to regulate speed, sequence, and symmetry, preventing abrupt movements or 

entanglement. This is critical not only for successful geometric formation, but also for maintaining 

SATEBAL’s attitude stability during the deployment phase. 

Each motor unit is coupled with a gear-reduction system and feedback sensor for precise 

actuation, allowing deployment to be monitored and halted in the event of anomalies. The architecture 

ensures that sail tension is properly distributed across all four arms, minimizing wrinkling or 

asymmetry that could reduce drag efficiency or affect attitude control. In its fully deployed 

configuration, the drag area is maximized, and the satellite enters a passively stable aerodynamic state, 

accelerating orbital decay in accordance with post-mission disposal protocols. 

3.1.3 Micro Metal Gear Motor for Payload Deployment Mechanism (GA12-N20) 

The payload deployment mechanism employs GA12-N20 micro metal gear motors as the 

primary actuators. These compact, durable DC gear motors support PWM speed control, making 

them well-suited for the confined space of a CubeSat. Each motor has a 12 mm outer diameter, a 3 

mm output shaft diameter, and a 10 mm shaft length. The nominal operating voltage is 6 V, with a 

functional range of 3–12 V, allowing flexible power management within the satellite’s electrical 

subsystem. 

At 12 V, the GA12-N20 achieves a no-load speed of 100 rpm and a loaded speed of 80 rpm, 

delivering a rated torque of 2 kg·cm and a stall torque up to 16 kg·cm. The corresponding current 
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draw is approximately 150 mA under load and 300 mA at stall. Its 298:1 metal gearbox provides 

high torque output, excellent wear resistance, and sufficient mechanical advantage to overcome the 

initial resistance during boom deployment and sail unfolding. 

Although the initial release of the booms is triggered by a burn-wire mechanism, the GA12-

N20 motors play a critical role in regulating deployment speed and adjusting post-deployment 

tension. This configuration ensures smooth and symmetrical extension, minimizes the risk of 

entanglement, and supports the satellite’s semi-passive attitude stabilization and controlled 

deorbiting objectives. 

3.1.4 Structural and Environmental Simulation Analysis 

Prior to physical integration, a series of numerical simulations were conducted to evaluate the 

mechanical robustness and environmental survivability of the deployable deorbiting system. Using 

ANSYS Workbench, the CubeSat structure underwent modal analysis to determine its natural 

frequencies and avoid resonance with launch-induced vibration profiles. The results confirmed 

sufficient margin between the structure’s dominant modes and typical launch spectra, mitigating the 

risk of fatigue or mechanical failure. 

To assess environmental tolerance, a steady-state thermal simulation was performed, modeling 

orbital temperature variations from −40°C to +80°C. Material properties of Mylar sails and carbon 

composite booms were validated to remain within safe stress and deformation limits under these 

thermal extremes. Additionally, a preliminary drag force estimation was conducted using orbital 

decay models, suggesting that the fully deployed 1 m² sail can reduce orbital lifetime from several 

years to less than 18 months at an altitude of ~600 km. These analyses support the mechanical and 

functional viability of the system for real-space deployment conditions, laying the groundwork for 

subsequent environmental testing and qualification. 

3.1.5 Integration, Testing, and Flight Readiness 

Following the completion of the conceptual and structural design, the deorbiting mechanism 

progressed to prototype-level integration and ground-based functional testing, achieving a 

Technology Readiness Level (TRL) of 4. Each Mylar sail was precision-cut and reinforced at key 

stress points using eyelets and transparent tape, ensuring reliable unfolding and tear resistance. The 

composite booms were assembled onto custom dual-hole mounts, with tension carefully adjusted 

using fishing-line guides to prevent misalignment during deployment. 

A series of manual and motor-assisted deployment tests were conducted in ambient laboratory 

conditions to verify sail expansion geometry and boom kinematics. The motors successfully actuated 

all four booms individually, with limit switches confirming the full extension of each arm. 

Additionally, electrical testing verified that the motor driver circuitry operates within acceptable 

voltage and current margins. These integration efforts confirmed that the structure can be stowed, 

deployed, and reset repeatedly without mechanical failure.  
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3.2 Attitude Determination and Control System (ADCS) 

This section primarily addresses a detailed formulation of the satellite’s flight dynamics. 

Following the development of the dynamic model, the design of the ADCS is introduced. The 

deployable attitude stabilization system is introduced and modeled to enhance the stability of the 

attitude of the satellite. Moreover, a stability analysis of the proposed control system is conducted to 

ensure robust performance under realistic operating conditions.  

The hardware selected for this task is the ADCS-MTQ developed by Tensor Tech. Figure  is the 

picture of the ADCS-MTQ, and the technical specifications is listed in Table 1. 

 

Figure 7 The ADCS-MTQ 

developed by Tensor Tech. 
 

Table 1 The technical specifications. 

ADCS-MTQ 

mass 207 g 

volume 0.2 U 

supply voltage 3.3 V or 5 V 

power consumption < 1 W 

magnetic dipole moment < 0.2 A m^2 

pointing knowledge 0.3 deg 

angular control accuracy  5 deg 
  

 

3.2.1 Dynamic Modeling 

The low earth circular orbit is considered. There are two reference frames to be used to describe 

the motion of the satellite in Figure 8 and Figure 9. The local vertical local horizontal (LVLH) 

reference frame, denoted as 𝒢𝑥𝑜𝑦𝑜𝑧𝑜, is defined to describe the gravity vector. The body frame, 

denoted as ℬ𝑥𝑦𝑧, is utilized to describe the rotation motion. The orientation, or namely attitude, 

can be expressed as a direction cosine matrix (DCM), denoted as 𝐂. The attitude dynamic equation 

is 

𝐂=𝐂𝛚× ( 1 ) 

where 𝛚 = [𝜔𝑥, 𝜔𝑦, 𝜔𝑧]
𝑇
is the angular velocity vector, [⋅]× denotes the cross-product matrix, and 

the rotational dynamic equation of the satellite can be given 

J𝛚̇ + [𝛚]×𝐉𝛚 − 𝐋𝐺 − 𝛕𝑐 − 𝛕𝑑 = 0 ( 2 ) 

here 𝐉 is the moment of inertia, 𝛕𝑐 is the control torque generated by the magnetorquers, 𝛕𝑑 is the 

external disturbance torque induced by the aerodynamics and solar pressure, 𝐋𝐺  is the gravity 

gradient torque 

𝐋𝐺 = μ[𝑛̂]×𝐽𝑛̂, μ =
3GMe

𝑅3
 ( 3 ) 

and 𝐺  is gravitational constant, 𝑀𝑒  is the mass of earth, 𝑛̂  is the nadir pointing vector can be 

described by the DCM 

𝑛̂ = 𝐂𝑇𝑧̂𝑜 ( 4 ) 
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Figure 8 Illustration of the coordinate system of 

satellite. 

Figure 9 Illustration of the attitude 

stabilization system. 

 

3.2.2 Principal axes of the Inertia Matrix 

The geometry of the stabilization system is shown in Figure . There are four moveable masses 

𝑚 connected by the roads. The length of the rods is denoted as 𝑟1, 𝑟2, 𝑟3 and 𝑟4. The inertia matrix 

of the satellite can be calculated by 

𝐉 = 𝐉𝑠 + 𝐉1 + 𝐉2 + 𝐉3 + 𝐉4 ( 5 ) 

where 𝐽𝑠 is the inertia matrix of 3U CubeSat excluding deployable components, the inertia matrix 

of the deployable components can be given by 

𝐉1 = [

0 0 −𝑟1𝑟𝑧
0 𝑟1

2 0

−𝑟1𝑟𝑧 0 𝑟1
2

]+[
𝑟𝑧
2 0 0

0 𝑟𝑧
2 0

0 0 0

] ( 6 ) 

𝐉2 = [

𝑟2
2 0 0
0 0 −𝑟2𝑟𝑧
0 −𝑟2𝑟𝑧 𝑟2

2

]+[
𝑟𝑧
2 0 0

0 𝑟𝑧
2 0

0 0 0

] ( 7 ) 

𝐉3 = [

0 0 𝑟3𝑟𝑧
0 𝑟3

2 0

𝑟3𝑟𝑧 0 𝑟3
2

]+[
𝑟𝑧
2 0 0

0 𝑟𝑧
2 0

0 0 0

] ( 8 ) 

𝐉1 = [

𝑟4
2 0 0
0 0 𝑟4𝑟𝑧
0 𝑟4𝑟𝑧 𝑟4

2

]+[
𝑟𝑧
2 0 0

0 𝑟𝑧
2 0

0 0 0

] ( 9 ) 

According to the preliminary research [8], the following theorem has been proven 

Theorem 1. The equilibrium point of gravity gradient stabilization is determined about the 

eigenvalue and the eigenvector of the inertia matrix 𝐉   The sufficient conditions for three-axis 

stabilization is 

λ3 < λ2 < λ1 ( 10 ) 

where 𝜆1  is the maximum eigenvalue with the corresponding eigenvector 𝛎1 , λ2  is the middle 

eigenvalue with the corresponding eigenvector 𝛎2   λ3  is the minimum eigenvalue with the 
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corresponding eigenvector 𝛎3  In the Lyapunov sense  the satellite attitude is considered stable when 

its smallest inertia axis 𝛎3 points toward the Earth (nadir direction)  while its largest inertia axis 

𝛎1 is perpendicular to the orbital plane  

Thus, the system is designed so that the principal axes of inertia coincide with the target attitude, 

enabling passive stabilization. The diagonalization of the inertia 𝐽 can be designed as 

[𝛎1, 𝛎2, 𝛎3]
−𝟏𝐉[𝛎1, 𝛎2, 𝛎3] = 𝑑𝑖𝑎𝑔([𝜆1, 𝜆2, 𝜆3]) ( 11 ) 

That is, the equilibrium point of the attitude can be guaranteed by designing the eigenvector of the 

inertia matrix, the desired orientation 𝑪𝒅
−𝟏 can be represented as 

𝐂𝑑
−𝟏 = [𝛎1, 𝛎2, 𝛎3] ( 12 ) 

According to the transformation relationship of the quaternion and DCM, the eigenvector and be 

derived by the desired quaternion 𝒒𝑑 = [𝑞0𝑑, 𝑞1𝑑, 𝑞2𝑑 , 𝑞3𝑑]: 

𝐂𝑑 = [

1 −  2(𝑞2𝑑
2 + 𝑞3𝑑

2 ) 2(𝑞1𝑑𝑞2𝑑 − 𝑞0𝑑𝑞3𝑑) 2(𝑞1𝑑𝑞3𝑑 + 𝑞0𝑑𝑞2𝑑)

2(𝑞1𝑑𝑞2𝑑 + 𝑞0𝑑𝑞3𝑑) 1 −  2(𝑞1𝑑
2 + 𝑞3𝑑

2 ) 2(𝑞2𝑑𝑞3𝑑 − 𝑞0𝑑𝑞1𝑑)

2(𝑞1𝑑𝑞3𝑑 − 𝑞0𝑑𝑞2𝑑) 2(𝑞2𝑑𝑞3𝑑 + 𝑞0𝑑𝑞1𝑑)  1 −  2(𝑞1𝑑
2 + 𝑞2𝑑

2 )

] ( 13 ) 

Thus, the corresponding length of the rods can be computed by solving an optimization problem to 

modify the inertia matrix with the desired eigenvector 

min
𝑟1,𝑟2,𝑟3,𝑟4

(‖[𝛎1, 𝛎2, 𝛎3]
−𝟏𝐉(𝑟1, 𝑟2, 𝑟3, 𝑟4)[𝛎1, 𝛎2, 𝛎3] − 𝑑𝑖𝑎𝑔([𝜆1, 𝜆2, 𝜆3])‖

2
)

𝑠𝑢𝑏𝑗𝑒𝑐 𝑡𝑜      𝑟𝑚𝑖𝑛 < 𝑟1, 𝑟2, 𝑟3, 𝑟4 < 𝑟𝑚𝑎𝑥
 ( 14 ) 

where 𝑟𝑚𝑖𝑛 and 𝑟𝑚𝑎𝑥 are the minimum and maximum of the length of robs, respectively. 

Figure  describes the methodology workflow to determine the length of the rods. So far, the 

deployment system has been designed to stabilize the satellite attitude without the active control 

system.  

3.2.3 Controller Design and Stability Analysis 

Nevertheless, the external disturbance must be considered to achieve the highly accuracy 

requirement. In the mission phase of the re-entry and image acquisition, the attitude is subject to 

stringent constraints to ensure alignment of the deployed sail with the velocity vector and to prevent 

high angular rates that may adversely affect the quality of image acquisition. Thus, the active 

controller 𝛕𝑐 is designed to guarantee pointing accuracy.  

Define the attitude error matrix as  

𝐂𝑒 = 𝐂𝑑
𝑻𝐂 ( 15 ) 

And, the vector form of the attitude error can be formulated as 

𝐞𝑅 =
1

2
(𝐂𝑒 − 𝐂𝑒

𝑇)∨ ( 16 ) 

where (⋅)∨ is the inverse of the skew-symmetric mapping, as known as the vee operator [10]. 

To design the attitude controller, the following assumptions are made: 

Assumption 1. There exist positive constants 𝛽𝐿𝑔  𝛽𝑑 such that ‖𝐋𝐺‖ < 𝛽𝐿𝑔, ‖𝛕𝑑‖ < 𝛽𝑑. 

The controller can be designed as 

𝛕𝑐 = −𝑘𝑝𝐞𝑅 − 𝑘𝜔𝛚+ [𝛚]
×𝐉𝛚 ( 17 ) 
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where 𝑘𝑝 and 𝑘𝜔 is the control gain to be designed. Consider the Lyapunov function candidate 

𝐕 =
1

2
𝛚𝐓𝐉𝛚 + 𝑘𝑝𝚿(𝐂𝑒) ( 18 ) 

where 𝚿(𝐂𝑒) is the configuration error function 

𝚿(𝐂𝑒) =
1

2
tr(𝐈 − 𝐂𝑒) 

𝚿̇(𝐂𝑒) = 𝐞𝑅
𝑇𝛚 

( 19 ) 

Taking the time derivative of the Lyapunov function, it can be obtained that 

 

𝑽̇ = 𝛚𝐓𝐉𝛚̇ + 𝑘𝑝𝚿̇(𝐂𝑒) ( 20 ) 

Substituting ( 2 ) and ( 17 )into ( 20 ), it can be rewritten as 

𝑽̇ = 𝛚𝑻(−𝑘𝑝𝐞𝑅 − 𝑘𝜔𝛚+ 𝐋𝐺 + 𝛕𝑑) + 𝑘𝑝𝐞𝑅
𝑇𝛚 

≤ ‖𝛚‖‖𝐋𝐺‖ + ‖𝛚‖‖𝛕𝑑‖ − 𝑘𝜔‖𝛚‖
2 

( 21 ) 

Therefore, it can be deduced that 𝑉̇ < 0 if 

‖𝛚‖ >
𝛽𝐿𝑔 + 𝛽𝑑

𝑘𝜔
 ( 22 ) 

It can be guaranteed that the norm of the angular velocity vector is bounded, and the tracking 

performance can be derived from the designed parameters of the controller. As the angular velocity 

vector 𝛚 is bounded, and the time derivation term 𝛚̇ is also bounded. Hence, it is obvious that the 

error 𝐞𝑅 remains bounded and converges to a neighborhood of zero. The boundary is determined by 

the control gain and the boundary of the external disturbance term. Consider the disturbance-free case 

at the equilibrium point 

𝑽̇ = −𝑘𝜔‖𝛚‖
2 ≤ 0 ( 23 ) 

The largest invariant set is 

ℳ = {(𝛚, 𝐞𝑅)|𝑽̇ = 𝟎} = {(𝛚, 𝐞𝑅)|𝛚 = 𝟎} ( 24 ) 

In the invariant set ℳ, the reduced dynamic equation can be obtained 

𝛚̇ = −𝑘𝑝𝐉
−1𝐞𝑅 ( 25 ) 

This implies that unless the attitude error 𝐞𝑅 is also zero, 𝛚̇ ≠ 𝟎. In other words, the system’s state 

cannot remain in ℳ  unless both 𝛚 = 𝟎  and 𝐞𝑅 = 𝟎 . As a result, LaSalle’s Invariance Principle 

guarantees that all trajectories of the closed-loop system converge asymptotically to this unique 

equilibrium point, which corresponds to the desired attitude and zero angular velocity. 

 Figure 10 and Figure 11 show the system response of the control system; the results demonstrate 

that the close loop control framework ensures effective stabilization of the system. And the control 

input is shown in Figure , it does not exceed the hardware limits. 
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Figure 10 The system response of the attitude. Figure 11 The system response of the angular 

velocity. 

 

Figure 12 The control input. 

 

The pointing accuracy of the satellite attitude tracking can be estimated by (22). And, As the 

system state converges toward the equilibrium configuration, the upper bound of the gravity gradient 

torque is expected to asymptotically approach zero. The design parameters can be adjusted according 

to on-orbit environmental disturbances, the maximum torque output of the hardware, and specific 

mission requirements. 

This study introduces a deployment system to adjust the equilibrium attitude of a low earth orbit 

satellite. The gravity gradient torque approaches zero as the satellite's attitude converges to the 

equilibrium point. Thus, the attitude can be passively adjusted without the expenditure of additional 

energy. Under the presence of external disturbances and high pointing accuracy requirements, the 

feedback control system is activated to ensure the desired attitude is maintained. The feedback 

controller is designed to guarantee robust performance in the presence of exogenous disturbances. 

Furthermore, the asymptotic stability of the nonlinear dynamic system is provided in the sense of 

Lyapunov. Finally, the simulation results verify that the spacecraft can achieve the attitude tracking 

requirements in the presence of external perturbation, such as aerodynamic torque. 

4. Orbital and aerodynamics analysis 

4.1 Orbit Simulation 

To analyze the orbital parameters, STK (Systems Tool Kit) software was used, with reference to 
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the Falcon 9 Launch User's Manual (SpaceX, 2021). A sun-synchronous orbit was selected, featuring 

a semi-major axis of approximately 6910 km, a perigee of 523.3 km, an apogee of 537.7 km, and an 

inclination of 97.5°, resulting in an orbital period of 95.1 minutes. Also, one of the mission objectives 

is to deploy a sail to induce orbital decay, ultimately leading the CubeSat to re-enter Earth’s 

atmosphere. STK’s High-Precision Orbit Propagator (HPOP) was used to simulate the mission, 

predicting key parameters such as orbital lifetime and communication windows. 

Atmospheric drag is the most critical factor influencing the satellite’s orbital decay and lifetime. 

The drag force is affected not only by the drag coefficient but also by variations in atmospheric density, 

which is strongly influenced by solar activity. According to NASA forecasts, shown in Figure 13, 

solar activity is expected to peak in 2025, with solar flux reaching approximately 200 solar flux units 

(sfu). Higher solar flux increases atmospheric density, thereby accelerating orbital decay. After this 

peak, solar flux is projected to decrease steadily, reaching around 70 sfu by 2031. Therefore, shown 

in Figure 14, the analysis results show that the satellite's shortest predicted lifetime occurs in early 

2025 due to maximum solar activity. The longest lifetime is expected between 2029 and 2030, with 

a gradual decline afterward as solar activity begins to rise again. 

 

 
Figure 13 Forecasts of the solar radio flux 

from NASA. 

Figure 14 Lifetime estimation from STK. 

 

Based on the analysis of deorbit time and the mission timeline of SATEBAL, shown in Figure 

12, the CubeSat can begin its decay mode from March 2027 and re-enter the atmosphere 68 days after 

sail deployment. Once it descends to 200 km altitude, it will take about 2 additional hours to complete 

re-entry. This 68-day decay period marks the operational duration of the SATEBAL mission. During 

this phase, SATEBAL will deploy its drag sail, collect data, and maintain communication with the 

ground station, ensuring the mission’s successful execution and completion. 
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Figure 15 Orbital decay time and re-entry time estimation by STK. 

4.2 Aerodynamic Force Analysis 

In Low Earth Orbit (LEO), aerodynamic forces are significant due to residual atmospheric 

particles, especially for satellites with large surface areas or operating in Very Low Earth Orbit 

(VLEO). A low Knudsen number (Kn=λ/L) indicates a transitional flow regime between continuum 

and free molecular flow. These forces—shaped by satellite geometry and surface reflection 

properties—generate torques that affect attitude. Based on Walter (2008), satellites between 150 and 

600 km altitude typically exhibit a drag coefficient of CD=2.2±0.2. 

This section analyzes a CubeSat with a deployed drag sail to examine how aerodynamic forces 

influence orbital decay and attitude stability. Drag coefficients are estimated. Two methods—Free 

Molecular Flow (FMF) (Vinh et al., 1980 and Wiesel, 1989) and Response Surface Methodology 

(RSM) (Mehta et al., 2014)—are used and cross-validated to ensure accurate drag modeling in the 

rarefied orbital environment. 

4.2.1 Atmospheric Density Models 

To model atmospheric density, the study compares several existing models. The NRLMSISE-00 

model was selected for altitudes around 480–500 km, and the DTM (Drag Temperature Model) was 

used for lower altitudes (300–500 km). These were further supported by the Piecewise-Exponential 

Model, which provided a continuous curve of atmospheric density variation with altitude, improving 

the fidelity of drag coefficient estimation. 

4.2.2 Free Molecular Flow Analysis 

In the free molecular regime, aerodynamic forces are governed by the momentum exchange 

between individual gas molecules and the satellite surface. (Vinh et al., 1980 and Wiesel, 1989) The 

linear momentum transfer p is influenced by the incidence angle and the molecular scattering model. 

The basic momentum exchange equations are as follows: 

𝑝 = ∫𝐹(𝜃, 𝜙)𝑑𝐴 ( 26 ) 

 

Where 𝐹(𝜃, 𝜙) is the force per unit area as a function of incidence and azimuth angles, and dA is 

the surface element. 

Two primary reflection models are considered: 
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• Specular reflection, where molecules reflect with preserved angle symmetry, 

• Diffuse reflection, where molecules are re-emitted in random directions. 

The drag coefficient for each reflection type is computed differently. For instance, assuming a flat 

surface and cube geometry, the drag coefficient under specular and diffuse reflection can be expressed 

as: 

• Specular: 

𝐶𝐷,𝑠𝑝𝑒𝑐 =
2

𝜋
𝑐𝑜 𝑠2 𝜃 ( 27 ) 

 

• Diffuse: 

𝐶𝐷,𝑑𝑖𝑓𝑓 = 2𝑐𝑜𝑠 𝜃 ( 28 ) 

 

Where θ is the incidence angle. The total drag is then the integration over all possible surface 

orientations, weighted by their surface area and orientation angles. 

Assuming the CubeSat rotates symmetrically along a body-fixed axis, a spherical coordinate system 

(θ,ϕ) is used to describe surface orientation. The drag coefficient as a function of angle of attack was 

computed, and results showed that for tumbling CubeSats, the average drag coefficient fluctuated but 

centered around 𝐶𝐷 ≈ 2.4 ± 0.2, aligning well with empirical estimates from prior literature. 

 

Figure 16 Drag coefficients result at different angles of attack of the CubeSat under the FMF 

method. 

 

4.2.3 Response Surface Methodology (RSM) 

To improve computational efficiency and accommodate CubeSat’s complex geometry, RSM 

(Mehta et al., 2014) is applied to model drag coefficients using surrogate models derived from Test 

Particle Monte Carlo (TPMC) simulations. 

The process begins with Latin Hypercube Sampling (LHS) to generate a diverse 1000-point 

parameter space. Each point is a configuration of environmental and geometric parameters (e.g., 

satellite velocity, surface temperature, atmospheric composition). The drag coefficients derived from 

TPMC simulations are then fitted using a Gaussian Process Regression model. 

Validation on a spherical object yielded a root-mean-square percentage error below 0.3%. When 

applied to complex geometries like the GRACE satellite, Hubble Space Telescope (HST), and the 

ISS, drag coefficient errors are contained within 1%, demonstrating high accuracy. 

Subsequent steps include: 
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1. Projection Area Modeling: Using the RSM_Area module, the projected area of the satellite 

is computed for different pitch ϕ and yaw θ angles. 

2. Ballistic Coefficient Computation: The projected area data feeds into drag and ballistic 

coefficient calculations. 

3. RSM_Cd Module: Combines environmental and geometric data to predict CD under varying 

flight conditions. 

For the deployed drag sail (1 m × 1 m per side), the RSM model computed drag coefficients as 

functions of pitch angle. The results are shown in Figure 17-19 and 𝐶𝐷 ≈ 2.31 ± 0.05 at different 

elevation angles. These results are consistent with FMF-based calculations, offering further 

confidence in the model’s predictive power.  

  

Figure 17 Simplified model inside the RSM 

method 

Figure 18 Relationship between the model and 

the elevation angle 

 

 

Figure 19 Drag coefficients result at different angles of attack of the CubeSat under the RSM 

method. 

 

4.3 Summary of orbital and aerodynamic analysis 
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The analysis confirms that deploying a drag sail drastically reduces CubeSat orbital lifetime, as 

verified by STK simulations and consistent with existing literature. To support precise deorbit 

predictions and attitude control during this critical phase, the study applied both Free Molecular Flow 

theory and Response Surface Methodology to estimate aerodynamic drag coefficients under varying 

conditions. 

Results from both methods showed close agreement, particularly in the -5° to 5° pitch angle 

range, where CD≈2.2, validating the methodology against Walter (2008). Although these results are a 

preliminary result of aerodynamic analysis, it provides the feasibility of the decay-mode mission. As 

the decay mode begins, the GNSS and attitude data can provide the validation of the mission.  

 

5. Space segment description and analysis 

5.1 Structural and Mechanisms Subsystem (SMS) and Mass Budget 

SMS is primarily responsible for the overall satellite structure design, spatial arrangement, and 

strength analysis. Based on the CubeSat101 document published by NASA (2017), SATBAL’s 

subsystems are arranged within the satellite according to their specific requirements. In this 

CubeSat, the X-axis aligns with the flight direction, while the Z-axis faces the Earth. The mass 

budget is estimated based on the specifications and materials of each subsystem. The aim is to keep 

the total weight under 6 kilograms in accordance with the limits specified for a 3U CubeSat in the 

CubeSat 101 document. 

 

Figure 20  3U Structural and Mechanism Subsystem 
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Figure 21  Subsystem allocation in SATBAL 

 

 

Figure 22 Mass budget 

 

Figure 23 Percent of total mass 
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5.2 Camera-ArduCAM 

ArduCAM is installed to capture images of the deployed sail, as well as in-flight images during 

the mission. To ensure full coverage of the sail’s quarter view, the camera is mounted at an optimal 

angle of 81°, paired with a 120° wide-angle lens to capture the entire process. The ArduCAM 

integrates an image processing chip, reducing the computational load on the flight computer. 

Controlled via I2C, it allows real-time adjustments to image resolution and exposure time, offering 

flexibility to adapt to varying conditions in space, such as communication delays or environmental 

changes. The camera captures images in JPG format at a resolution of 1024x768 pixels, which can 

be downlinked to the ground station, providing visual proof of the sail’s successful deployment. This 

system is critical for ensuring mission success while offering flexibility in capturing additional 

imagery based on evolving mission needs. 

 

5.3 On-Board Data Handling (OBDH) Subsystem 

In this satellite mission, the On-Board Data Handling (OBDH) system plays a pivotal role not 

only in orchestrating inter-subsystem communication and data storage but also in executing the semi-

passive attitude stabilization strategy, which utilizes a controllable center of mass offset mechanism. 

This alternative approach replaces the conventional aerodynamic drag sail and relies on the satellite's 

internal mass displacement to generate passive torque for attitude control. 

The OBDH system is based on the OBC100 flight computer developed by Liscotech System Co., 

Ltd., utilizing the TMS570LC4357 microcontroller, a dual-core lockstep processor designed for fault 

tolerance in radiation-prone space environments. The system supports UART, I2C, SPI, and GPIO 

communication protocols, and is equipped with hardware ECC on RAM and Flash, watchdog timers, 

and low-power modes. This robust hardware foundation supports the real-time responsiveness and 

reliability required for autonomous satellite operations in Low Earth Orbit. 

 

Figure 24 CubeSat On-board Computer which is used 

 

The software architecture is built upon FreeRTOS, a lightweight real-time operating system that 

facilitates deterministic task scheduling and inter-task communication. This foundation allows the 

OBDH to maintain reliable, concurrent control over time-critical satellite operations. The architecture 

is composed of multiple layers. The hardware abstraction layer manages the physical interface to 
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sensors and subsystems via I2C, SPI, UART, ADC, and GPIO. Above this, middleware services 

handle functionalities such as time management, data logging, cyclic redundancy checking, and file 

system access. The application layer orchestrates system-level tasks such as camera triggering, power 

state management, and telemetry packaging. 

 

Figure 25 The software architecture built upon FreeRTOS 

 

Upon deployment, the OBDH initiates a countdown sequence during which it verifies antenna 

deployment, initializes mission parameters, and activates baseline tasks. This is followed by the 

detumbling process via the ADCS subsystem and the gradual activation of other mission-critical 

modules such as the camera and decay mechanism. Throughout the mission lifecycle, FreeRTOS 

tasks transition across six defined operational states: Deployment, Initial Stabilization, Nominal 

Operation, Decay, Safe Mode, and Recovery. These transitions are governed by a finite-state machine 

model encoded within the OBDH logic, with each phase activating or deactivating specific tasks 

depending on power availability and mission needs. 
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Figure 26 operational states of FreeRTOS tasks transition.  

 

A distinctive feature of this mission is the implementation of a semi-passive attitude stabilization 

mechanism. Rather than relying on an external drag sail, the satellite adjusts its center of mass through 

a movable mass controlled by the OBDH. This mechanism uses a linear actuator to reposition a 

calibrated mass along a fixed axis, inducing passive restoring torque to stabilize the satellite. The 

actuator is commanded based on real-time quaternion data from the ADCS or on predefined 

sequences. FreeRTOS tasks ensure closed-loop control by continuously monitoring the actuator 

position, timing windows, and thermal conditions to guarantee safe execution. 

Data management is a critical function of the OBDH system. Sensor and status data are first 

buffered in RAM and subsequently written to onboard Flash memory at fixed intervals. Every five 

minutes, these data blocks are synchronized and archived into a Micro SD card for long-term retention. 

The storage architecture is designed with multiple levels of protection: all data packets are appended 

with CRC-32 checksums for error detection, flash memory is managed with a wear-leveling algorithm 

and bad-block avoidance strategy, and capacitor-based power failure protection ensures write 

completion during voltage drops. To avoid data corruption from concurrent write operations, 

FreeRTOS mutexes and semaphores are used to serialize access to shared memory and file systems. 

During nominal operations, the OBDH manages beacon broadcasting at fixed intervals over 

VHF/UHF bands. Each beacon packet contains the satellite ID, GNSS lock status, battery voltage, 

movable mass offset, and ADCS status. These data are not only transmitted to the ground station but 

also logged in non-volatile storage. The telecommand interface allows ground operators to send 

uplinked instructions to control movable mass position, toggle beacon functions, or request system 

diagnostics. Each incoming command undergoes CRC validation and timestamp verification before 

execution. Successful execution is acknowledged during the next telemetry downlink session. 

To ensure resilience, fault detection and recovery mechanisms are integrated throughout the 

software. Each major FreeRTOS task maintains a heartbeat signal, monitored by the hardware 

watchdog; failure to respond triggers a localized reset. Critical events such as movable mass actuator 

timeouts, power surges, or sensor anomalies are detected and logged, along with diagnostic codes and 

timestamps. In case of persistent failure, the OBDH transitions the system into Safe Mode, shutting 
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down nonessential subsystems and awaiting ground intervention. 

In summary, this satellite’s OBDH system exemplifies a tightly integrated, real-time software 

framework that supports autonomous satellite operation under constrained resources. Through its 

FreeRTOS-based design, structured task management, and robust data protection mechanisms, the 

OBDH not only ensures baseline functionality but also enables the experimental center-of-mass-

based attitude stabilization, forming a platform for future satellite innovations. 

 

5.4 Electrical Power Subsystem (EPS) and Power Budget 

The Electrical Power Subsystem (EPS) harvests solar energy and stores it in batteries. It then 

distributes regulated voltages to all spacecraft subsystems throughout every mission phase. It must 

operate reliably from launch, through dormancy, to nominal science operations. 

5.4.1 Design Requirements of EPS 

(1) All-Mode Output 

The CubeSat shall provide sufficient power at the appropriate voltage, either by solar array 

generation or battery, to meet the power requirements of all satellite subsystems in all modes of 

operation.  

Table 2 The technical specifications. 

 

(2) Long-Dormancy Restart 

The CubeSat shall be able to be commissioned in orbit following the last powered-down state 

without battery charging, inspection or functional testing for a period of up to 8 months.  

 

(3) Launch-Hold-Off 

The CubeSat shall be powered OFF during the entire launch and until it is deployed  from the 

P-POD after 30 seconds. 

 

(4) Battery Depth-of-Discharge Limit 

The maximum allowable depth-of-discharge (DoD) of the battery shall not exceed 35%. Depth 
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of Discharge(DoD) calculation :  

 

DoD = 
Energy Discharged

Battery Capacity
× 100% ( 29 ) 

 

5.4.2 Hardware Components 

(1) MPPT Module  

The heart of the power system is the Liscotech EPS100, which implements a high-efficiency 

Maximum Power Point Tracking (MPPT) algorithm, includes integrated heaters for cold-temperature 

startup, and uses FRAM (Ferroelectric Random Access Memory) to retain critical data across power 

cycles. It is optimized for 3U/6U CubeSat form factors and includes resettable fuses and a 

deployment-switch interface.  

 

Figure 27 EPS100 Block Diagram 

  

(2) Solar Cell Type  

Power is generated by LiveStrong/Spectrolab CIC XTE-SF triple-junction GaAs panels—

qualified to the AIAA-S111 standard, rated at 32.2 percent BOL efficiency (27.9 percent EOL), and 

tested to withstand 1 MeV electron fluence with accompanying EL imagery and I–V curves. 

 

Figure 28 The size of solar cell 
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(3) Battery Pack 

Energy is stored in a 45 Wh Li-ion pack arranged as 4S1P × 3 and 3S1P × 2.  

 

5.4.3 EPS Block Diagram 

As shown in Fig. the EPS comprises solar arrays feeding a PCU with MPPT, a BMU-managed 

4S1P Li-ion battery pack, and a PDU that supplies regulated 3.3 V, 5 V, 12 V and raw battery rails to 

all subsystems ensuring seamless power from launch through dormancy to science operations. 

 

Figure 29 The architecture diagram of EPS and other subsystems. 

 

5.4.4 Solar Panel Configuration 

This section describes the mechanical layout and deployment method of the EPS solar array. The 

array comprises five deployable panels: three configured as 4S1P (four cells in series, one string in 

parallel) and two as 3S1P. During launch, these panels are folded flush against the spacecraft’s sides; 

once in the target orbit, hinge mechanisms swing them outward to maximize solar-capture area and 

ensure sufficient illumination in all attitudes. 

 

Figure 30 Solar panel deployed schematic diagram 

 

5.5 Telemetry, Tracking, and Command (TT&C) Subsystem, Link Budget and 

ground station 
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SATEBAL employs a full-duplex VHF/UHF communication system developed by ISISpace, 

featuring a dipole antenna and a communication board known as TRXVU. The satellite uses UHF 

with Frequency Shift Keying (FSK) modulation for uplink and VHF with Binary Phase Shift Keying 

(BPSK) modulation for downlink. According to detailed link budget analysis, shown in Figure 1 of 

the report, the system achieves a robust link margin of 15.5 dB for uplink and 13.4 dB for downlink 

under approximate communication conditions. These margins exceed the required thresholds, 

demonstrating that the TT&C system is capable of maintaining stable communication in 

environments. 

 

Figure 31 Link budget of uplink(left) and downlink(right) 

 

5.5.1 Data downlink estimation 

Based on preliminary orbit and link analysis from STK, the satellite is expected to maintain 

contact with the ground station for roughly 500 seconds per day during the early phase of the orbital 

decay. This estimate is based on a communication range of up to 2000 km and an elevation angle of 

around -23°. At the nominal rate of 9600 bps, which is the maximum capacity of the onboard 

transceiver, this equates to a theoretical maximum of 600 KB of data transmitted daily. Nonetheless, 

due to the anticipated disruptions, the actual daily transmission volume is expected to be significantly 

lower. 
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Figure 32 Communication distance of 2000 km away from the ground station(left) and the total 

access duration per day with 23-degree elevation mask(right) from the STK analysis. 

 

To operate within this bandwidth-limited environment, SATEBAL employs a data prioritization and 

batching strategy, focusing on two primary data types: 

• Image files captured by the ArduCAM system (.jpg, 1024×768 resolution), approximately 330 

KB each. 

• GNSS data in NMEA format (Position, Velocity, and Time only), totaling about 446.4 KB per 

orbit (every 90 minutes). 

According to the STK analysis, the mission report is: 

• Transmitting a single image requires around 402 seconds. 

• Sending a full GNSS dataset takes approximately 544 seconds. 

Both durations nearly exhaust or exceed the estimated daily downlink window, making it essential to 

optimize transmission efficiency. 

 

5.5.2 Mission transmission strategy 

To manage this constraint, the TT&C subsystem operations are split into two phases: 

(1) Before Sail Deployment: 

Data is transmitted on alternating days—images on one day, GNSS data the next. If an image 

cannot be completely transmitted in one pass, subsequent passes prioritize finishing the same image 

before switching to GNSS data. This prevents loss of partial files and ensures that no transmission 

effort is wasted. 

(2) After Sail Deployment: 

As the satellite descends more rapidly, communication windows shorten. The transmission 

priority shifts to sending one complete image first, followed by as much GNSS data as possible. This 

cycle repeats until atmospheric reentry terminates the mission. 

Ultimately, the success of this strategy relies heavily on the performance and responsiveness of 

the ground station infrastructure, including its ability to handle fragmented data sessions and maintain 

reliable links under limited-time constraints. 
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5.5.3 Ground station operation 

To transmit and receive commands and data from SATEBAL, the ground station at DAA, NCKU 

is used. This ground station is designed to use a Yagi antenna with tracking capability to maintain 

alignment with the CubeSat throughout each pass. To support signal reception and decoding, a 

software-defined radio (SDR) system will be employed. This allows for flexibility in modulation 

schemes and supports real-time adjustments to match signal variations caused by Doppler shifts and 

atmospheric conditions. To organize the components and signal flow of the ground station, there are 

three processes: 

(1) SDR process 

SDR (Software Design Radio) is used to receive and process signals at the ground station. The 

software that is used in SDR is SDR Console or GNU Radio. These software are open-source 

software-defined radio platforms that include various signal processing modules. In this setup, the 

SDR receives analog RF signals from the antenna and converts them into digital baseband signals. 

These digitized signals are then transferred to the host computer and processed in software for tasks 

such as demodulation, decoding, and telemetry extraction. 

(2) Antenna Control 

All the antennas are connected to the rotator controller, which adjusts their azimuth and elevation 

angles to track the satellite. The rotator communicates with the GS computer through the Controller 

and PC interface. The GS computer will run PSTRotator, a software that calculates antenna pointing 

angles based on satellite orbital parameters and sends control signals to the rotator. 

(3) Mission Operation Software 

A mission operation software is designed to serve as an integrated user interface that combines 

various open-source tools into a single platform. It displays satellite position, health data, 

communication status, mission control and monitoring, etc. The data will be presented in a clear and 

structured format, enabling effective satellite monitoring and command transmission. 

 
Figure 33 Organization of the Ground Station 

 

5.5.4 Summary of TT&C subsystem 

In anticipation of increased orbital decay and potential data loss, the mission team plans to share 

transmission responsibilities across multiple cooperative ground stations. This redundancy helps 
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prevent data gaps caused by missed passes or local weather interference. Additionally, during the 

decay phase, the onboard computer (OBC) ensures that data packets are formatted and transmitted in 

a sequence optimized for completeness and redundancy, improving the odds that all critical mission 

data are successfully received before re-entry. 

In conclusion, the SATEBAL TT&C subsystem is carefully designed to balance the mission’s 

technical constraints with its scientific goals. Through a robust link budget, intelligent data 

management strategy, and ground station coordination, the system ensures reliable communication 

throughout the mission lifecycle. While the communication window is narrow and data volume 

limited, the structured approach to prioritization and redundancy helps maximize the scientific return 

of the mission. 

 

5.6 Thermal Control Subsystem (TCS) 

The thermal control system (TCS) is aiming at analyzing the temperature changes under different 

altitudes and making corresponding temperature control actions on the hottest and the coldest 

component of the CubeSat. Passive thermal control is chosen in this case to guarantee the electronic 

components of the satellite are in the required temperature margin. In this mission, there are two 

phases, so two phases temperature distribution of the satellite will be simulated. 

 

5.6.1 Design Requirements of TCS 

5.6.1.1 Design Requirements 

The purpose of TCS is to maintain the temperature of the components in the range of their 

operating temperature range. For safety reasons, a temperature margin of 5 to 10 degrees Celsius is 

restricted in the simulation. The operating temperature range and the margin of the electronic 

components are listed in Table 3 below. 

Table 3 Operating temperature range and safety margin for electronic components of each 

subsystem. 

 

5.6.1.2 Internal Heat Source 

The major internal heat source is due to the operation of the electronic components inside the 

satellite. Table 4 illustrates the power budget of each component obtained from the EPS (electrical 

power system) under different states.  
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Table 4 Internal heat generation of different components. 

 

5.6.1.3 External Heat Source 

There are three main external heat sources in space, Direct solar radiation, Albedo and Earth 

IR. In Figure 31 shows the relation between these three external heat sources. 

Figure 32 The relative positions of the external heat sources and the satellite 

 

(1) Direct Solar Radiation 

The equation of direct solar radiation can be expressed as follows, 

𝐼𝑠,𝑖 = 𝐼𝑠 cos 𝜃𝑖  ( 30 ) 

 

where, Is i is the solar radiation flux on each surface, Is is the solar radiation flux which is a constant 

around 1400W/m2 and θi is the angle between the surface’s normal vector and the sun vector. If the 

value of cosθi is negative, the sun light is not contact the satellite directly and the direct solar radiation 

is set to be 0. So as when the satellite passes through the shaded area of the earth. 

(2) Albedo 

Albedo is the heat flux that from the sun and reflected by the earth, its equation can be written 

as, 

𝐼𝑎,𝑖 = 𝐼𝑠𝛾𝐹 cos 𝛽  ( 31 ) 

 

where, Ia i is the albedo radiation flux on each surface, γ is the earth albedo which varies with 

latitude and the reflecting substance but averaging the whole earth will be 0.3, Fi is the view factor 

of each surface to earth and β is the angle between sun-earth vector and earth-satellite vector. 

(3) Earth Irradiation  

The equation of earth irradiation (Earth IR) is as follows, 

𝐼𝑒,𝑖 = 𝐼𝑒𝐹𝑖  ( 32 ) 

 

where, Ie i is the earth radiation flux on each surface, Ie is the earth radiation flux which is constant 

around 213 W/m2. 

 

5.6.1.4 View Factor 
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Rickman (Rickman, S. L. 2002). had developed a method to calculate the view factor between 

the spheric earth and the non-spheric satellite. Which can be expressed as below, 

{
 

 𝐹‖ = (
𝑟𝑒

𝑟𝑒+ℎ
)
2

𝐹⊥ =
1

2𝜋
[𝜋 − 2 sin−1 (√1 − (

𝑟𝑒

𝑟𝑒+ℎ
)
2

) − sin (2 sin−1 (√1 − (
𝑟𝑒

𝑟𝑒+ℎ
)
2

))]
  ( 33 ) 

 

where, F‖ is used for the parallel surface of the satellite when the earth is viewed as a flat plan, re is 

the radius of earth, h is the satellite’s altitude and F⊥ is the used in surfaces that are vertical to the 

earth surface. 

 

5.6.1.5 Extra External Heat Source During Decay 

An additional external heat is considered during the decay due to the extremely high velocity 

of the CubeSat and the increasing of the atmospheric density as the altitude reduces. There will be 

shock wave at the nose region of the satellite which will generate shock heating or the so-called re-

entry heat. The relation between the altitude of the satellite and its velocity can be expressed as, 

𝑣 = √
𝐺𝑀

𝑅
  ( 34 ) 

 

where, G is the gravitational constant which is 6.674 × 10−11 N ∙ m2/kg2, M is the mass of the earth 

which is 5.9724 × 1024 kg and R is the orbit radius. 

A NASA technical report by Sutton and Graves (Sutton, Graves, 1971) offered an easier way 

to estimate the stagnation point heating rate under different gas mixture as below, 

𝑞 = 𝐾𝑣3√
𝜌

𝑅𝑛
  ( 35 ) 

 

where, K is the Sutton-Graves coefficient, v is the velocity of the satellite, ρ is the atmospheric density 

and Rn is the nose radius of the satellite. Table 5 (McBee, 2012) shows the value of the Sutton-Graves 

coefficient for different plantes and gas mixtures, where Mi represents the molecular weight of each 

type of gas molecule. Here, K is a constant around 1.7623 × 10−4 for earth. 

Since the nose area of the CubeSat is not a circular shape, the effective radius (Carna, 

Bevilacqua, 2019) can be expressed as,  

𝑅𝑛,𝑒𝑓𝑓 =
𝑀𝑖𝑛(𝑊,𝐻)/2

0.28
 ( 36 ) 

 

where, Rn eff is the effective nose radius, W is the satellite’s width and H is its height. 

Table 5 The value of Sutton-Graves coefficient for different planets and gas mixture. 
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5.6.2 Thermal Analysis 

The thermal analysis is conducted by ANSYS Transient Thermal modulus. The material 

properties of each subsystem component are derived from reference to CubeSat flight heritage. The 

following Tables and plot represent the input of the thermal simulation. The orbit is defined by the 

parameters listed in Table 6. The heat generation of each subsystem components are as Table 4 shows. 

The external heat flux of each surface of the satellite in an orbit is as illustrated in Figure 32 And 33 

the additional external heat flux of each surface of the satellite during a portion of the decay process 

(320~250km). 

Table 6 Sun-synchronized orbit 

 

 

 

 

Figure 34  

The external heat source in an orbit. 

Figure 35 The additional external 

heat source of each surface of the 

satellite during decay. 
 

 

5.6.3 Transient Thermal Simulation Results 

For analysis cases, only the extreme cases are considered that are the hottest and the coldest case. 

The heat flux values were assigned every 15 seconds, covering a total simulation duration of 28,800 

seconds. The outer radiation setting was based on the properties of anodized aluminum 6061-T6, with 
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an emissivity of 0.76 (Hsieh, 2009). Radiation was modeled as occurring to ambient space at 

temperature of -270°C (3K). 

5.6.3.1 Transient Thermal Simulation in the orbit 

Figure 34 and 35 shows the simulation result of the coldest and the hottest case. Where, the 

minimum temperature of the cold case is -44.53°C and the maximum temperature of the hottest case 

is 81.27°C. Comparing to Table 1, most of the components will be in their working temperature 

through the orbit.  

 

Figure 35 The internal transient thermal simulation of the satellite in an orbit cycle under the 

coldest case.  

 

Figure 36  

The internal transient thermal simulation of the satellite in an orbit cycle under the hottest case. 

Table 8 The values of the thermal simulation results of each subsystem. 
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5.6.3.2 Transient Thermal Simulation during decay 

Figure 36 represents the temperature distribution of each subsystem due to the additional 

external heat flux. This simulation shows that most of the components of the satellite are under their 

operating temperature. 

 

Figure 37 The transient simulation result of additional external heat source. 

The transient thermal simulation results show that the CubeSat can survive under the space 

environment under our passive thermal coating. As decay mode begins, external heat sources 

fluctuate as SATEBAL moves through lower orbits, impacting its heat distribution, especially the 

solar panels. The mission ends when SATEBAL reaches approximately 200 km, the start of the 

thermosphere, where it burns up due to friction with dense atmospheric particles. This process ensures 

that SATEBAL fully disintegrates, aligning with its objective of complete deorbiting. 

 

6. Conclusion 

This study presents the design, implementation, and validation of SATEBAL. This CubeSat 

mission integrates a semi-passive attitude stabilization strategy with a controllable deployment 

mechanism. The mission demonstrates a novel approach to satellite stabilization by utilizing a 

variable-inertia system composed of deployable booms and tip masses, effectively enabling gravity-

gradient-based attitude control. By optimizing the principal axes of the satellite's inertia matrix, the 

system achieves passive equilibrium orientation without relying on continuous actuation.  

Complementing this stabilization strategy, an active control system based on magnetorquers 
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ensures robustness against environmental disturbances, as validated through Lyapunov-based 

stability analysis. In the final mission phase, a deployable drag sail is used to enhance aerodynamic 

drag, ensuring compliance with space debris mitigation guidelines by accelerating orbital decay. 

Comprehensive aerodynamic modeling, incorporating both Free Molecular Flow and Response 

Surface Methodology, confirms the drag sail's effectiveness and provides accurate lifetime 

predictions.  

The successful integration of deployable mechanical systems with hybrid control architectures, 

along with subsystem-level validation via simulation and ground testing, establishes SATEBAL as a 

promising platform for future small satellite missions requiring energy-efficient stabilization and 

responsible end-of-life disposal. 
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